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ABSTRACT

AN EXPERIMENTAL INVESTIGATION OF
HYPERSONIC SWEPT SHOCK BOUNDARY-
LAYER INTERACTIONS

Publication No.

Ernest Glenn Pace, M.S.
The University of Texas at Arlington, 1991

Supervising Professor: Frank K. Lu

The interaction of a sharp-fin-induced shock wave with a turbulent boundary layer
was studied at Mach 8 using surface oil-dot flow visualization and surface pressure
measurements. The interaction was shown to be separated and secondary separation
was detected for the strongest cases studied. Although the inviscid shock wave was
close to the fin, the interaction was spread over large angular extents. The interaction
showed inception to conical symmetry at the highest shock strengths. Additionally,
the surface pressure distribution showed an extensive plateau region, with no distinct
dip associated with strongly separated interactions. Between the fin and the inviscid

shock, the surface pressure rose rapidly but did not approach the downstream inviscid

value.
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CHAPTER 1

INTRODUCTION

Even after half a century of research [1], shock wave boundary-layer interactions
remain an active area of high-speed fluid dynamics research. The complex viscous-
inviscid interaction, occurring when a shock wave impinges on a boundary layer, has
yet to be completely described. The term “interaction” stems from the fact that the
shock wave and the boundary layer affect one another mutually, and thus changes
in one must necessarily feed back into the other. Studies of shock wave boundary-
layer interactions are primarily motivated by their importance to the design of high-
speed flight vehicles. Efforts within the past decade to develop vehicles capable of
hypersonic flight with air-breathing propulsion systems have given a new sense of

urgency to understanding these interactions.

Shock wave boundary-layer interactions can occur in different places on a high-
speed vehicle. For example, these interactions can occur on transonic airfoils and
compressor blades. Other examples include wing-fuselage junctions, deflected con-
trol surfaces, and high-speed engine inlets. In most instances, the interactions are
three-dimensional. Two-dimensional interactions are in practice usually confined to
axisymmetric flows, such as axisymmetric inlets and nozzles and on the flares of
launch vehicles or missiles [2]. Also, for many practical situations, the interactions

involve turbulent boundary layers.

An important phenomenon known as boundary-layer separation can occur if the

interaction is strong enough. Separation can be simply described as the boundary



layer “lifting off” from the surface. This phenomenon may occur in a region where
the pressure gradient is positive. The positive pressure gradient, also known as an
adverse pressure gradient, opposes fluid motion. For two-dimensional flows which are
laminar and steady, the concept of separation is straightforward. A separation point
is defined for such flows as the point at which the adverse pressure gradient has slowed
the less energetic fluid near the wall to result in a zero velocity gradient normal to
the wall. Downstream of a separation point, the fluid closest to the wall flows in
the opposite direction of that upstream of separation. Thus the incoming boundary
layer rises above a region of reverse flow. Although the above description is somewhat
simplistic, and does not consider the further complications of turbulence and unsteady
mean flowfields, two-dimensional separation is now fairly well defined. However, for
three-dimensional flows, the idea of separation is more complex. In order to properly
define separation of a three-dimensional boundary layer, topological rules [3] must be
used. These rules govern the behavior of streamlines and allow separated flows to be
identified by using experimental techniques, such as surface flow visualization. Surface

flow visualization and its usefulness will be discussed in more detail in Section 1.1.

As pointed out by Green [2], shock wave boundary-layer interactions can cause
serious problems which may affect the performance of aircraft and even cause damage
to the structure. The problems are especially severe when the interaction results in
boundary-layer separation. Shock-induced separation occurs when the shock wave
1s sufficiently strong, since the shock wave acts as a highly localized adverse pres-
sure gradient. Shock-induced separation may result in regions of high heating and
increased drag [4]. In addition, separated interactions shed vortices which may ad-
versely affect the performance of components, such as control surfaces, in their path.
Also, shock-induced separation is usually an unsteady phenomenon, leading to buf-

feting, flutter and buzz. Due to the higher shock strengths for a given geometry at



increasing Mach numbers, these adverse effects are expected to be more pronouced
in hypersonic flows. The unavoidable presence of these interactions in key areas of
the flowfield around hypersonic flight vehicles has led to the need for a fundamental
understanding of such flows. Once the underlying mechanisms affecting such interac-

tions are identified, ways to predict and possibly prevent or control the detrimental

effects mentioned above may be achieved.

Progress has been substantial in understanding nominally two-dimensional in-
teractions although there are still many poorly understood features of these interac-
tions such as the cause of interaction unsteadiness. Progress in understanding three-
dimensional interactions, however, is less substantial; only within the past twenty-odd
years was there a sustained effort to understand them. This consequence arises from
the more complex flowfields of three-dimensional interactions and from experimental

and computational difficulties associated with them.

In order to facilitate understanding of the complex nature of three-dimensional
interactions, basic “building-block” geometries have been identified for study. Of the
many basic three-dimensional interactions, one of the most studied is that generated
by a flat-plate turbulent boundary interacting with a swept, planar oblique shock
wave induced by an upright, sharp leading-edged fin at an angle of attack a. The
basic geometry for this case is shown in Fig. 1.1. This class of interactions is referred

to as “sharp-fin interactions” [5]. (They are also known as “swept-normal-shock

interactions,” or “glancing-shock interactions.”)

According to the classification of Settles and Dolling [5], sharp fin interactions
are classified as semi-infinite, because the interaction region stetches from a plane of
symmetry. Further, they are termed dimensionless if the height of the fin is large

compared to the boundary layer thickness §. In other words, for a dimensionless
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interaction, there is no length scale imposed by the fin geometry, and the fin can be
completely characterized by the angle of attack a. The other governing parameters
have only to do with the incoming flow, and include the freestream Mach number
Mo, Reynolds number Res, and incoming turbulent boundary layer parameters, in
addition to the boundary layer thickness §, which imposes the length scale. Addi-
tionally, swept shock interactions have the advantage of having a very simple solution
to the inviscid flow. In fact, the properties of the shock outside the influence of the
boundary layer are known from classical oblique-shock theory as functions of M and
a only. This simplicity makes the sharp fin configuration more tractable for study
than other configurations such as swept ramps, swept steps or semicones. Thus, sharp
fin interactions are a good starting point for research intended ultimately to gain fun-
damental understanding of the physics of complex viscous-inviscid interaction flows
encountered in practical design. These interactions also serve as good test cases for

computational code validation. A brief review of sharp fin interactions will be given

next.

1.1 Review of Sharp Fin Interaction Literature

Research in sharp fin interactions has been recently reviewed by Settles and
Dolling [5, 6]. However, a brief summary of results which are pertinent to the work
presented here will be given. Although the inviscid flowfield of the sharp fin is read-
ily determined, this simplicity is lost in the actual viscous flow. Much progress in
understanding th&se. complex flows has come from examining their surface features.
A convenient method for revealing the interaction “footprint” is surface flow visual-
ization. This technique consists of painting the model’s surface prior to starting the

wind tunnel with a pigment-liquid mixture. When flow is established over the model,



the mixture streaks along the surface. The resulting pattern shows the direction of
the limiting streamlines, or the flow direction in the layer of fluid just adjacent to the
surface. Additionally, surface pressures measured with transducers have played an
important role. Attempts have also been made to measure surface heat transfer and

skin friction, but these higher-order effects are inherently more difficult than pressure

to measure accurately.

From surface flow visualization and surface pressure measurements, the primary
surface features of a sharp fin interaction with separation have been identified. These
features are depicted schematically in Fig. 1.2. The surface features include a line
of upstream influence, which is the furthest upstream location of the interaction.
The upstream influence is usually detected by using surface flow visualization as
the location where incoming surface flow visualization streaks first deviate from the
freestream direction. Also shown in Fig. 1.2 is the separation line. This line is detected
on surface flow traces, according to the definition of Legendre and Lighthill, as a line
of coalescence of flow visualization streaks [3]. From topological rules, if there is a
separation line, there must also be an attachment line, although in general this line
may lie anywhere in space. A line of attachment for fin interactions can be detected
similarly from surface flow visualization as a line of divergence of visualization streaks.
As shown in Fig. 1.2, this line lies close to the fin, and is often difficult to detect.
A separation region develops between the separation and attachment lines. In this
region, there is a strong velocity component in the inviscid shock direction, resulting
in a vortical separation structure. A further, secondary separation has been shown
to occur in certain, extremely strong, interactions [7]. However, secondary separation
does not develop gradually and monotonically with increasing shock strength as does
primary separation [6], and has been somewhat difficult to identify in experiments.

For interactions with secondary separation, the secondary separation and attachment



lines lie between the primary ones.

Settles and Lu [8] determined that the interaction footprint developed asymp-
totically from an initial inception region, which was fully three-dimensional, into a
quasiconical farfield region that appeared to radiate from a virtual origin. In a quasi-
conical flow, certain flowfield features, such as the surface features mentioned above,
are nearly invariant along rays from an origin, being functions of angular position only
in a spherical coordinate system. Some previous exploratory work showing such qua-

siconical behavior was reported by Lowrie (9], Peake [10] and Zubin and Ostapenko

[11].

Fig. 1.2 also shows two coordinate systems used to describe surface features
of the interaction. To exploit the observed quasiconical nature of the flow, a polar
coordinate systém (s,8) centered on the virtual origin can be used. However, if there
is no @ priori knowledge of the location of the virtual origin, another polar coordinate
system (r, ) centered on the fin apex is sometimes used instead for convenience. This
system can be a good approximation to the (s, 3) system if the inception length to
quasiconical symmetry is small. It can be noted that quasiconical symmetry is also
found in other highly-swept interactive flows [5, 12, 13). Later analytical, experimental

and computational research in fin interactions also confirmed the above observations,

even for laminar interactions [14]-[17].

The fact that interactions with large values of the inviscid shock angle 3, had
small inception lengths [21] was successfully exploited in skin-friction measurements
[22, 23] and in the application of conical interferometry [24] and conical shadowgraphy
[25]. Specifically, conical shadowgraphy revealed a variety of interaction structures,
these structures being dependent on the strength of the interaction as characterized by

M, = My, sin B, [25]. Alvi and Settles delineated five possible structures based on M,
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as summarized in Table 1.1; for further details, the reader is referred to the original
article. Of these five structures, the first three have distinct footprints detectable

using surface-flow visualization.

The discussion above and the reviews of Refs. [1]-[6] show that the bulk of
the experiments was performed with supersonic flows past adiabatic surfaces. As far
as the author is aware, there are only two recent reports on hypersonic interactions
with cold-wall and perfect-gas conditions [26, 27). (For the present study, hypersonic
is defined as flows above Mach 5.) Holden [26] was unable to detect quasiconical
symmetry in his experiments. Further, his incipient separation was at a larger angle
than that based on Korkegi’s criterion {28] which had been remarkably successful
at correlating supersonic data [5]. Korkegi’s criterion states that the fin angle for

incipient separation a, is given by a;, = 17.2/M in degrees.

With the present interest in hypersonic propulsion [29], attention has focused
on the shock boundary-layer interactions that occur in inlets at high Mach numbers.
In particular, extensive use has been made of computations [30]. Such computations,
however, have not been properly validated by comparison with experiments, partly
because of the lack of the latter. Further, hypersonic interactions generated by strong
shocks are also of fundamental interest since, as stated above, the majority of pre-
vious basic investigations had been with supersonic flows at lower shock strengths.
Understanding the effect of strong hypersonic shocks on the turbulent boundary layer

is very poor at present.



Table 1.1: Swept shock interaction structure.

M, Flowfield structure
a. 1.2 Unseparated
b. 1.2-148 Separated

c. 148-1.9 Secondary separation
d. 19-215 Jet shock

e. 2215 Supersonic reversed flow
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1.2 Goals of the Research Program

Given the need for studies of sharp fin interactions at hypersonic Mach numbers,
a basic research program was initiated at the University of Texas at Arlington to study
shock boundary-layer interactions like those that are found in inlets at hypersonic
Mach numbers. The objectives of this program are to understand hypersonic shock
interactions in detail, e.g., to determine if scaling laws formulated at supersonic Mach
numbers can be extended and to further investigate the anomalies observed by Holden
[26]. In a fundamental sense, the possibility of an asymptotic behavior of shock
boundary-layer interactions at high Mach numbers is also of interest. Also, strong
hypersonic interactions may reveal new features not previously observed. In addition,
the database can be used to support computational efforts. To achieve the ob jectives
outlined above, a parametric study at Mach 8 with fin angles from o = 5° to 20° was
conducted in UTA’s hypersonic shock tunnel operated using air as the test gas. To
simplify the problem under investigation, the shock tunnel was deliberately operated
to produce perfect-gas test conditions. The primary measurement to achieve the

objectives was surface pressure. An exploratory attempt on determining the feasibility

of surface flow visualization was also made.



CHAPTER 2

EXPERIMENTAL TECHNIQUES

2.1 The Hypersonic Shock Tunnel

The experiments were performed in the newly-commissioned Hypersonic Shock
Tunnel Facility located in the University of Texas at Arlington’s Aerodynamics Re-
search Center (ARC). The shock tunnel was of conventional design and operates in
the reflected mode. It consisted of a 150-mm (6-in) diameter, 3-m (10-ft) long high-
pressure driver tube; a double-diaphragm section; a 150-mm (6-in) diameter, 8.2-m
(27-ft) long driven tube; a conical nozzle with a 7.5° half-angle expansion; a semi-free
jet test section 536 mm (21.1 in) long and 440 mm (17.5 in) diameter; a diffuser and
a 4.25 m® (150 £t°) upright-cylindrical dump tank. At the end of the driven tube,
within the nozzle throat, was provision for a secondary diaphragm. The nozzle was

2.6 m (101 in) long and its exit diameter was 336 mm (13.25 in).

The test section Mach number could be changed from 5 through 16 by using
different nozzle throat inserts thereby changing the nozzle throat to test-section area,
ratio. The Reynolds number and the stagnation conditions can be controlled through
the driver- and driven-tube charge pressures. The driver tube could be charged to
41 MPa (6,000 psi), the driven tube could be either pressurized or evacuated, with
a pressure range from below 0.7 kPa (0.1 psia) to 1.0 MPa (150 psia) and the test
section could be evacuated to below 140 Pa {0.02 psia). By using a double-diaphragm

arrangement, precise control of the driven-tube pressure was achieved to give accurate

12
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stagnation conditions and unit Reynolds numbers. Details of tunnel operation can

be found in Ref. [31].

2.2 Test Model

The test geometry consisted of a sharp unswept fin mounted perpendicularly
on a 203 mm (8 in) wide by 0.96 m (37.75 in) long flat plate. The flat plate had a
15°-sharp leading edge and was mounted 50 mm (2 in) below the tunnel centerline.
“Skirts” were attached along both sides of the flat plate to prevent crossflows [32]. The
flat plate was long enough to enable a turbulent boundary layer to develop through
the test region. However, due to the limited length of the test section, the flat plate
protruded into the nozzle and diffuser. Thus, the boundary layer developing over the

flat plate was initially subjected to a favorable pressure gradient.

The fin had a 10°-sharp leading edge, and was 152 mm (6 in) long and 127 mm
(5 in) high, ensuring that a dimensionless, semi-infinite swept interaction would be
obtained. A rubber seal under the fin and a thin ribbon of silicone rubber sealant
on the leeside of the fin prevented leakage through the fin's base. The fin tip was
located 761 mm (29.95 in) from the flat-plate leading edge and 38 mm (1.5 in) from
one of the flat-plate sides. A mechanism was provided to change the fin angle from
2° through 20°, rotating the fin about its apex. But, the cases studied were a = 5°,
10°, 15° and 20°, these angles being accurate to better than 0.1° as measured by a
machinist’s protractor. The corresponding values of M, are 1.51, 2.14, 2.85 and 3.58,

which extend from the supersonic range displayed in Table 1.1 to higher values.
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2.3 Data Acquisition

The data acquisition system consisted of an Everex Step 286 microcomputer
connected to a LeCroy Model 1434A CAMAC (IEEE-583) mainframe via a LeCroy
Model 8901A Interface (GPIB, IEEE-488 <+ CAMAC, IEEE-583) and a pair of Na-
tional Instruments Model GPIB-110 bus extenders. The bus extenders were required
because the data-acquisition mainframe was located over 30 m (100 ft) from the host
computer. Data acquisition was accomplished using two LeCroy Model 6810 four-
channel digitizers with programmable amplifiers. These digitizers could sample at
a maximum sampling rate of 5 Megasamples per s. Eight external instrumentation
amplifier-filters with 100 kHz bandwidth (Leyh Model 29) were available for anti-
aliasing and also for exploiting the 12-bit digitizing capability of the data acquisition

modules.

A selection of miniature high-frequency Kulite and PCB pressure transducers
and Medtherm thermocouples was used for tunnel monitoring and for instrumenting
the test surface. In particular, surface pressures of the interacting flow were measured
by flush-mounted Kulite XCS-093-5A (0-35 kPa, 0-5 psia) and XCS-093-50A (0-
350 kPa, 0-50 psia) pressure transducers. These transducers had protective screens
and sensing surfaces of 0.97 mm (0.038 in) diameter. Quoted natural frequencies
were 100 kHz and 275 kHz respectively. However, with protective screens, the natural
frequency of both types of transducers was expected to be lower at about 50 kHz.
In addition, the 350-kPa transducer, as may be obvious, is noisier than the 35-kPa
transducer. In flow measurements, moreover, the finite transducer size serves to
damp out high frequencies [33]. For the transducers used, this filtering effect due to
a transducer’s finite size was estimated to limit the upper frequency to about 45 kHz.

In the data processing, further digital filtering was used to set the upper frequency
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of the signals to 40 kHz, which also removed high-frequency transducer noise.

Further, Kulite transducers are notorious for drift [34] and were thus calibrated

in situ before a daily set of runs. A first-order calibration was used,
p=AV+B (2.1)

where V is the output voltage, p is the corresponding pressure, A is the reciprocal
transducer sensitivity and B is the zero-voltage offset pressure. It was noted that the
transducers’ sensitivities were constant for practical purposes. However, the offset
drifted significantly and had to be compensated for, even though the time between
transducer calibration and tunnel firing was short, typically only about 25 minutes.
The compensation was performed by computing an adjusted zero-voltage offset pres-

sure B’ using the output voltage just prior to shock passage, obtained from transducer

output traces, and the initial pressure in the test section:
B'= DPini — AVini (2-2)

From the reciprocal sensitivity obtained from the transducer calibration and the ad-

Justed zero-voltage offset pressure, the actual pressure measured is given by
p=AV+ B (2.3)

Although the adjustment to the offset was not large compared to the range of the
transducer, it was necessary due to the low pressures being measured. The problems
of thermal zero shift and thermal sensitivity shift, important in environments with
temperature changes, were negligible due to the short run times of the tests. Further

characteristics of the transducers used will be discussed in Section 2.6.
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2.4 Test Conditions

For the present experiments, the driver tube was charged to 24 MPa + 1.5%
(3,500 psia), and the double-diaphragm section to 12 MPa, (1,750 psia). The driven
tube was charged to 280 kPa + 1.3% (40 psia) after first being evacuated to remove
moist ambient air. The test section, diffuser, and dump tank were evacuated to less

than 0.32 kPa (0.05 psia). The gas used throughout the tunnel was dried air from
the ARC’s compressor plant [35].

In the author’s experience, the useful quasi-steady test time of the shock tunnel
(short as it is) appeared to depend on the initial test-section pressure, for given
driver- and driven-tube charge pressures. The test time appeared to be longer the
lower the initial test-section pressure. No elaborate exploration of this phenomenon
was attempted. Jacobs [36] also observed such a phenomenon in a free-piston tunnel.

In our experiments, the initial test-section pressure chosen provided an adequate test

time.

A run was initiated when the diaphragm section was vented by opening a
solenoid valve. This caused the diaphragms to break, thereby propagating a shock
down the driven tube. The shock speed was crucial for estimating the test condi-
tions and it was determined by timing the shock passage using two flush-mounted
pressure transducers located toward the end of the driven tube. In the present ex-
periments, the shock Mach number was evaluated as 2.15, repeatable to +5%. The
low value of shock Mach number ensured that real-gas effects were negligibly small.
The shock-heated and pressurized air ruptured a secondary Mylar diaphragm and
was subsequently accelerated through the nozzle. Fig. 2.1 shows pressure transducer
records from the end of the driven tube and on the surface of the flat plate. The first

steep pressure rise on the trace is due to the incident shock wave while the second is
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due to the reflected shock wave. Additionally, the dip at about 1500-2000 gs in the
pressure trace from the flat plate is the test period, where the wall pressure reaches
the value predicted from steady-flow nozzle theory. The pressure records from the
flat plat will be discussed in more detail in Section 3.3. For a recent discussion of

shock-tunnel operating principles, see Ref. [37].

The test conditions for the present study were a nominal freestream Mach num-
ber of 8 based on nozzle geometry, stagnation pressure and temperature of 5.38 MPa
(780 psia) and 820 K (1,480 °R) respectively and a Reynolds number of 10.2 105 m-?
(3.1 million/ft). The incoming freestream flow was at 1.2km s~* (4,000 ft/s). The
flat-plate temperature was that of room temperature, T, ~ 290 K (522°R); thus the

experiments were performed under cold-wall conditions, T, /To ~ 0.35.

Run times were about 0.2-0.5 ms, short by usual standards. Questions on
whether the flow was fully developed arise. A rule of thumb has been commonly used
which states that a flow is fully developed if the starting shock system is three to four
model lengths downstream [38]-[40]. Records from pressure transducers placed along

the length of the flat plate confirmed that the flow satisfied this criterion [41].

The boundary layer developed naturally, without tripping. In hypersonic bound-
ary-layer flows, issues of transition, such as transition length, are of great importance,
especially in subscale testing. Artificially tripping the boundary layer, although com-
monly employed in incompressible flows, is generally deemed unacceptable for studies
of a basic nature at high speeds, since disturbances caused by the trips are convected
for long distances downstream. Therefore, the only recourse is to test at high unit
Reynolds numbers on long models, which also present challenges at hypersonic Mach
numbers. There was, thus, some concern about the boundary-layer state at the test

region. Based on Elfstrom’s [32] work at higher Mach numbers and on the cor-
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relations of Ref. [42), the boundary layer in the present experiments was deemed
turbulent ahead of the fin location. Thus, Elfstrom showed that at Mach 9.22, with
Re = 55 x 10° m™' and T,/T, = 0.276, the end of transition was about 250 mm
(10 in) from the flat-plate leading edge. Using Hopkins et al.’s charts, the end of
transition for the present experiments was estimated to be at most 330 mm (13 in)
from the flat-plate leading edge. Other support of the present test conditions can be
found in Ref. [43]. The undisturbed boundary layer was surveyed [41] and found to
be nominally two-dimensional in the test region. From the pitot profile, the incoming
undisturbed boundary-layer thickness was estimated at 13.5 mm (0.53 in). Further

details of the undisturbed boundary layer can be found in Ref. [41].

2.5 Surface Oil-Dot Visualization

Surface flow visualization and the application of topological rules have proved to
be crucial in understanding complex three-dimensional flows [44]. In shock boundary-
layer interactions, care must be taken in interpreting the visualizations. This is
because the visualization cannot capture unsteadiness that is a characteristic feature
of shock-induced separation [45]. It may be further noted that a more recent study by

Gibson and Dolling [34] indicates that swept interactions are steadier than nominally

two-dimensional ones.

The application of surface flow visualization in blowdown facilities is straightfor-
ward and a recent description has been provided by Lu and Settles [46]. Its application
in short-duration facilities, however, appears problematic and is rare [47]-[50]. An ef-
fort was therefore undertaken to develop the technique. In the present investigation, a

mixture of Dow-Corning “200” 20-centistoke silicone oil and powdered, colored class-
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room chalk provided the appropriate qualities of low viscosity and low vapor pressure
that were needed. Special applicators with sharp pins in a 3.18 mm (0.125 in) grid
were constructed to dot the mixture on the test surface. The oil-dot technique was
found to be more suited for a shock-tunnel environment than the oil-flow technique.
This was because the long streaks obtained in the oil-flow visualization technique do
not form in a shock tunnel due to the short run times. Without visible streaks, the
oil-flow technique would be of limited utility. Further, the pattern was somewhat
damp at the end of a run and, if the oil-flow technique was used, there was a greater

chance of ruining the pattern when it was being lifted up than if the oil-dot technique

was used.

After a run, the pattern was lifted using either Scotch™ Brand No. 822 100 x
150 mm (4 x6 in) tape pads or C-Line Products Cleer-Adheer™ laminating sheets and
pasted on a sheet of paper. Analysis could then be performed on the fullsize, undis-
torted patterns. To determine the validity of the oil-dot visualization, the upstream
influence was compared with those determined from surface-pressure distributions
[32, 51, 52]. Detailed comparisons between the two different measurements showed
excellent agreement in the upstream-influence locations. Further oil-dot visualization
in the shock tunnel has recently been carried out on the leeside flows of delta wings
with good results [53]. Hence, it was deemed that oil-dot visualization is a viable

technique for shock-tunnel applications.

2.6 Surface Pressure Measurements

Previous investigations [11, 17] have measured surface pressures along arcs cen-

tered at the fin apex, exploiting the quasiconical symmetry of the interaction. Such
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a distribution also allows better resolution of the surface pressure than if measure-
ments were made along rows parallel or perpendicular to the incoming flow direc-
tion. If necessary, for surface pressure distributions outside of the inception zone, the

surface-pressure distribution can be corrected to center on the virtual conical origin

using trigonometry.

The present study also used azimuthal distributions of pressure transducers.
The distribution of pressure taps is shown in Fig. 2.2. The arcs were located at
7 =114mm (4.5 in) and r = 152mm (6 in) from the fin apex. The first tap of each
arc was located 2° from the freestream direction. Taps located outboard of these
two were spaced 4° apart. Since only eight high-speed data-acquisition channels
were available, the surface-pressure distribution was built up with a number of runs.
For each run, only seven channels were used to measure the interaction pressures, the
eighth channel being used to measure a reference pressure p,. s. The reference pressure
was measured 17.27 mm (0.68 in) ahead of the fin apex at the flat-plate centerline. As
discussed in Section 2.3, the surface pressures were measured by flush-mounted Kulite
transducers. The transducers were potted in place using silicone rubber sealant. All

unused pressure taps were plugged using dummy transducer replicas made from steel

rods.
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CHAPTER 3

RESULTS AND DISCUSSION

3.1 Surface Oil-Dot Visualization Patterns

Oil-dot flow visualization traces obtained using the technique outlined in Sec-
tion 2.5 are shown in Figs. 3.1-3.4. The fin location and the inviscid shock trace
are also shown on each trace. The dots were made using applicators which had one
side cut to match the fin angle. In this way, the rows of dots were aligned with
the incoming freestream direction, making the identification of surface flow deflection
much easier than if the dots were aligned along the fin. Note that the fainter areas on
the patterns are due to an uneven application of the oil dots and are not interaction
phenomenon. Also, the lines visible on Figs. 3.1-3.3 are seams in the tape used to
lift the pattern. In Fig. 3.1, slight smearing of the pattern is evident from the short
spanwise streaks in the region ahead of the fin. Smearing was caused by applying the
oil too heavily. These artifacts of the technique, although distracting to the eye, did
not pose serious problems with collection of the desired surface flow data. Since the
technique required some skill, the patterns at higher fin angles, produced later in the

test program, are generally of higher quality.

Fig. 3.1 shows the pattern for @ = 5°. Notice that the surface flow is deflected
through a large angular extent compared to the inviscid shock. A distinct convergence
line that would form if the streaks merge is not seen in the pattern due to the shortness

of the streaks. Nonetheless, the interaction was deemed to be separated because the

23
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